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ABSTRACT

South Africa is one of the few developing countries able to design anddatdtlites;
however it is reliant on other nations to launch them. This research addresses one of the
main technological barriers currently limiting an indigenous launch capacity, namely the
development of a locally designed liquid fuel turbopump. The turbopumgsignee to
function in an engine system for a commercial launch vehicle (CLV) with the capacity to
launch 56500 kg payloads to 500 km sun synchronous orbits (SSO) from a South

African launch site.

This work focuses on the hydrodynamic design of the impelaneless diffuser and
volute for a kerosene (RP fuel pump. The design is based on performance analyses
conducted using 1D meanline and qu#Bi multistream tube (MST) calculations,
executed using PUMPAL and AxCent software respectively. Spedficerns that are
dealt with include the suction performance, cavitation mitigation, efficiency and stability
of the pump. The design is intended to be a relatively simple solution, appropriate for a
South African CLV application. For this reason the purtilisas a single impeller stage
without a separate inducer element, limiting the design speed. The pump is designed to
run at 14500 rpm while generating 889 oh head at a flowrate of 103.3 kgand
consuming 1127.8 kW of power. The impeller has six bladé#s an outer diameter of
186.7 mm and axial length of 84.6 mm.

The impeller's high speed and power requirement make full scale testing in a laboratory
impractical. As testing will be a critical component in the University of KwaRidtal's
turbopump reearch program, this work also addresses the scaling down of the impeller
for testing. The revised performance and base dimensions of the scaled impeller are
determined using the Buckingha®n based scaling rules. The test impeller is designed to
run at 5@0 rpm with a geometric reduction of 20%, using water as the testing medium.
This gives an outer diameter of 147.8 mm and an axial length of 69.9 mm. At its design
point the test impeller generates a total dynamic headrise of 67.7 m at a flow 18te of
ka/s, with a power requirement of 15 kW. A method for maintaining a similar operating
characteristic to the full scale design is proposed, whereby the scaled impeller's blade
angle distribution is modified to maintain a similar diffusion characteristic dadeb
loading profile. This technique is validated by MST analysis fordeffign conditions

with respect to both speed and flowrate.
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CHAPTER 1

Introduction

Liquid propellant rockets have been widely used as the primary propulsion system for
launch vehiclesver sincethe German V2 rockeagnited the race for space access. A

liquid propellant engine generates thrust by burning a mixture of liquid fuel and oxidiser
and passing the high temperature and pressure combustion gas through a nozzle. This
mode of thrust generation has the advantage that ibeaasily controlled by managing

the fuel and oxidisemass flowrates The high power density available from liquid
propellants results in the highest engine performances possible. The abdl#giliore-

fuel liquid engines allows them to be groundtédsbefore flight, greatly improving
engine reliability. The higher performance, reliability and increased control of liquid
engines, compared to solfdel or hybrid engines, has meant that they arebibaster

engine of choicéor commercial launch veHies lifting payloads into orbit].

A specific challenge of liquid engines is delivering the propellant to the combustion
chamber at the required pressure and flow rate to obtain the desired performance while
mairtaining stable combustion. This is done by usgitherpressurised propellants or a
turbopump feed system. A turbopump is comprised of a pump (usually centrifugal)
driven by a turbine that runs off combustion gagfs Turbopumps allow for much
lighter propellant tanks as thHatter no longer function as pressure vessels, greatly
improving the vehicles mass fraction and thus overall performance. They also allow for

longer and rare consistent burns as they dd eoffer from a decaying output pressure

[3].

Turbopumps do however introduce substantial complexity to the engine system. Rocket
applications require higherformanceurbomadinery with minimal weight and size tha

is able to provide high flow rates and large head rises. In general turbopump design
favours small diameter pumps operating at high speedsdiite turbines must also
operate at high speeds while being exposed to high temperature combustion gases. When
pumping cryogenic propellants such as liquid oxygen or hydrogen, large thermal
gradients develop between the pump and turbiters increasing the demands on the
materials used. The explosive nature of rocket propellants necessitates extra precautions

against loss of containment during the pumping process. State of the art seals and careful



design must be used to ensure that the turbopump can operate safely at the required
performancd4]. These factors lead to rockitrbomachinery having a greatly reduced
design life compared to similar equipment used in standard industrial applications. This
has been one of the key areas preventing the reuse of liquid enginesrrEmécost ofa

typical rocket turbopump is approrately 3 million dollars, contributing a significant
portion to the total engine cd4.

As spacdechnologiedhecomeincreasingly important to economic developmeeeral
African ocountries have begun to expdtheir space activities with programs such as the
African Resource Management Constidlia (ARMC) [6]. South Africa currently has the
ability to build and operate its own satellites earth observation, communtan and
scientfic research applicationsSuch satellite capabilities allow fdvetter resource
management promotingustainable development and economic growth. At present no
launch capacity exists on the continent and as a result African nationsnrédyeign
launch capabilities tous their satellites into orbiSatellite service can alternatively be
sourced commercially, though the availability of data cannot be guararibede
conditionslimit the opportunitiegor satellite coveragef the African continentand are

not conducive to the growth of tHecal industry. As the need for the utilizam of
satellites over Africancreasesthe development of a local launch capacity grows in
importance in order to enable frequent and flexible adwespaceA critical step in this

process would be the development of a turbopump system.

This research was conducted as an initial design study of the turbopump challenge, with

the objective bdeveloping a technology base foture higher level desits. This meant

that the establishment of a suitable design methodology and the identification of further

challenges, beyond the scope of the immediate design work, were an important part of the

research.

The design work was restricted to the hydrodynamdésgn of the major pump
components,hat is the inlet, impeller, vaneless diffuser and volute. This allowed the
work to cover a broad range of turbopump topics tandddress the key design issues.
Normally the design of the turbopump would be done asmponent within an engine
development program, witthe requiredperformance clearly established. This poses a
unique challenge for this work as the proposed turbopump design is independent of a

specific engine system. This project can therefore onlyym®da preliminary design



which could potentially meet the engine requirements of a future South African
commercial launch vehicle. To ensure that the ensuing turbopump design is both realistic
and relevant, a hypothetical mission has been proposed, alin@mwabridged vehicle

and engine design. This work was performed on the basis of the theoretical relationships
governing rocket engines and a review of existing launch vehicles. A fundamental design
consideration has beeretaining relative snplicity and cost effectiveness wherever
possible. This would be a key requirement for a South African turbopump system which
must match the available resources and the lack of historic experience irpligpedlant

engine design. It should, howevee noted thasimplicity and cost effectiveness are not

unique to a South African context, rather they are vital to any commercial launch venture

In setting up a technology base it is also important to provide a pathway for experimental
validation and refinement of ¢hinitial design. Therefore, this work also set out to provide

a scaled dowpump design that couldin at reduced speed and power requirements in a
laboratory. This scaling process retathe impeller's hydrodynamic similarity with the

full size impeller providing a bridge between the experimental findings and the

performance of the full size design.

1.1 Overview of Turbopump Resources

The possibilityof noncivilian applicationsfor launch vehicle technology has me#mit
turbopumpsare subjectto various levels of technology transfegstriction. The U.S.in
particularincludes turbopumps on the ITAR list of restricted itefifeey are also cited in

the Missile Technology Control Regime (MTCR) Technical Annex which restricts pump
technology with speexigreater than 8000 rpm and exit pressures above [MPahese
restrictions limit access todetailed design specifics with thenost readily available
information coming fromegacy systemaesign handbooks arabstraciacademic work

[8]. The trend towards commercialisation of launch vehicle technology has also resulted

in much of the current work being conducted as proprietary research.

A cornersone workin turbopump desigis the set of NASA special repoisiblished in

the 197044, 9, 10] These providea summary of the extensive work done by NABA

the early devepment ofliquid propellant rocket engines. Thaye particularly useful as
they include data from various legacy systems as well as key design principles adopted
a result ofextensive hardware testinglthough these reports are dateduch of the

fundamental technology describeginains in use in modern systems.



Adjacent to the NASA reports is the work of Huzel and Hugjgwhich was initially
publishedas aNASA special report but has since beemlfmally released and updated.
The primary authohasdesign experience that reaches back to the early German research
at Peenemunde. This work was initially intended to provide a general overview of liquid
propellant engine design farew employees at the Rocketdy division of Rockwell
International. As such it gives a good overview of the fundamental design principles for a
turbopump as well as its integration into the overall engine system.

ConceptsNREC provides various resources for turbomachinery daslgding a set of
textbooks that address pump design generally, but make note of some features required
for rocket turbopump applicatioqd1, 12, 13] These books are particukauseful when

used in combination with the company's PUMPAL and AxCent software paclages

was the case in this work. These resources have been used to design rocket turbopumps of

various types and are considered an industry standdrdl5, 16, 17, 18]

The NATO Researchna Technology Organisation hasiblished a set of educational
notesaimed at providing an overvieaf high performance pump technolodgr space
propulsionapplicationg19]. These notefocus onthe key technical challenges argive
current methods for addressing the@ontributors tahis set ofnotes comdrom a broad
range of institubns working in space propulsion, makiitga valuable windowinto

currentindustrythinking.

As previously mentioned, the NASA handbooks are a good source of detailed data for a
number of legacy systems. Tihasefulnesss, however, linted to fundamentatoncepts
asadvances in technologies such as computer analyses and CNC machiniagdidsd
significant refinementsThe most comprehensive dafhat has been accessibl@y
modern turbopump designsome from the NASA's Low Cost Booster Technology
(LCBT) Programwhich ran in the late 1990s. This program contracted research into
various turbopump systems based on the objectives of simplicity and cost efficiency,
making it a natural match for the work cowted here. Barber Nichols Inavas
responsible for developinirbopumps for thdBantam andFASTRAC engineswhich

were both designed to generate 267 kN of thi2®]. The data for the FASTRAC
turbopump was used to duate the feasibility of the design established in this work.

Barber Nichols Inc. used the experience gained from the LCBT program to develop the



turbopumps used in SpaceX's Merlin engirieratt & Whitney degloped the Twin Rotor
Turbopumpwhich providesanother point of comparison forsamilar LOX/RP-1 design
[21].

ConceptsNREC has published various papers describing low cost turbopump designs
using LOX, LH and methane as the pumped fl{id, 15, 16] These papergive a good
overview of the degh processgeneral layoutand performance of the turbopumpsiis

is particularly useful as many of the same design tools were u#iad imork.

One dimensionameanline solvers are the standard tool for the preliminary specification
of the flow path. They allow for good global evaluations of performance and can be
rapidly modified, allowing the designer to investigate a large degigoe$22]. NASA

has developed the PUMPAeanline code specifically for designing rocket turbopumps,
however its use is restricted to U.R3]. The commercially available alternative,
PUMPAL, has very similameanlinefunctionality as well as blade generating tools and
integration withthe AxCent which allows qua8D analysis and the generation of 3D
models.Although 1D techniques are able to account for losses, deviation and bleckage
they are unable to directly address the more complex flow problems such as stall,
recirculation and cavitatiof24]. In order to investigate the effects of local details and
fluid structures quas3D and full 3D CFD dols are requiredQuasit3D techniques
provide an intermediate level between meanline and CFD analyses that is able to
characterise the 3D flow field with reasonable fidelity, while remaining rapidly iterative
[25]. This work extends only to the quadD stage, using the AxCent software package to

execute multstreamtube analyses of the impeller internal flow.

The high powedensities intrinsic to turbopump systems mémratory testing at full
scale difficult Scaled down impellersunning at scaled operating conditions are able to
replicate the fluid dynamic and cavitation conditions present in the full size component
[26, 27] It is commonfor labordory test rigs to use water &N, assurrogate fluids to

reduce the hazards and expense of working with the common propgBints

1.2 Dissertation Outline
The launch systeniramework for this turbopump design is detailed in Chapter 2. This
begins with a statement of the missiobjectives thathis work aims to facilitate. A

survey of launch systems and engine arrangemenitscluded from whichthe most



appropriatesolutionwas selectedA hypothetical launch vehicle and booster stage engine

are presentedrom which the turbopump performance requirements were derived.

Chapter 3 outlines the major flow phenomena that occur within centrifugal impellers and
the modelling tod used to account for thefihe analysis techniques usedagsesshe
pump performance are alsatlinedin this chapter.

The hydrodynamic design of the inlet, impeller, vaneless diffuser and volute are detailed
in Chapter 4A feasibledesign space, bad on guidelines found in the aforementioned
literature, is presentealong with the twestage parametric analysis used to explore the
design space. The methodology for final refinement of the blading using3jdigdots

of the relative velocities is alggiven. The complete turbopump design is presesitaty

with a summary of its predicted performance.

The development of a scaled impeller for testidescribed in Chapter 5. This outlines
the method of scalinthe impelleraccording to the affinityaws in order to retain similar
hydrodynamic performance. Thihapterincludesthe validation analysegerformed at
both design andff-design conditions The set of scaled impellers that have been

manufactured for testing purposegresented here.

Chapter 6 outlines the FEA analyses that were conddictdubththe full size and scate
impellers to ensure their structural integritnder theirrespective operating conditions

using aluminium alloys.

Chapter 7 provides a concluding summary of thisknas well as considerations for

future work as part of a larger turbopump development program.



CHAPTER 2

Outline of Mission and Launch Vehicle

2.1 Mission Parameters

The liquid fuel turbopump is to be designed to function in an engine systerigonch
vehicle capable of lifting 5800 kg payloads into a 500 km circular, sun synchronous
orbit (SSO) from a South African launch site. This zone of functionality was selected as it
is most suited to the South African satellite industry. At presenSgace has built three
satellites and developed designs for a range of satellites between 50 and 500 kg.
SunSpacebs SunSat and Sumbandil aSat ar e bot
(<100kg) designed for 56800 km sun synchronous orbits. The company hlas
successfully developed a 200 kg earth observation satietian international cliefi29].

The development of this class of satellite capability is in line with the mandate of the
South African National Space Agency to provide earth observation services for the socio

economic benefit of the countfg@Q].

This targeted launch capacitgpresents an economically significant portion of the global
commercial launch market. Between 2009 and 2010 there were 11 payloads less than 600
kg launched into SSO at an estteth cost of 60 million dollarf§31, 32] Importantly, a

vehicle with this capacity would also be able to perform missions of larger payloads to
lower or norpolar orbits, increasing its potential market. In 2010 there were 1@guisyl

of less than 2000 kg launched into Low Earth Orbit (LEO) at an esiihr@ist of 213

million dollars[32].

A sunsynchronous orbit has the unique property of maintaining a constant angle between

the satellie and the sun. Practically this means that the satellite will passpeeific

latitude at the same time for every revolution. This is done by setting the inclination of

t he orbit so that its pr eceesunothats1®836°c hes t he
per day[33]. The rate of orbital precession is a function of the orbit altitude and

inclination. Figure 21 shows this relationship for SSO.
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From Figure2-1 it can be seen that the proposed circularssymechronous orbit at0®

km has an inclination of 97°4The proposed launch site would be the Denel Overberg

Test Range (OTR), at a latitudé34.36° S. Figure-2 shows a ground trace of a single

pass for such an orbit, displaying its aptitude for African earth observation applications.
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2.2 Engine Cycles

In a rocket engine, the cyclefers to the arrangement of the propellant feed system. That

is the method by which the turbopump is driven and the path taken by the propellant
before entering the combustion chamber. This has a fundamental impact on the operating
characteristics andepformance of the engine. The cycle has particular influence over the
flow rate and pressure ratio through the turbine and the discharge pressure rfeguired

the pump[4]. There have been many variations in designrbost are based on the gas
generator, expander or staged combustion cycles. Schematics of these primary cycles,

including common variants, are given in Fig@r8.

gas generator expander staged combustion

Fue LOX FuEg LOX Fuelé ¥ LOX
><H
M@_ <
-

EI:EIX XD:D X[

Figure 2-3 Basic engine cycle$34]

2.2.1 GasGenerator

The gas generator cycle uses a small portion of propellant to drive the turbine. This
stream runs in parallel to the main propellant flow and therefore results in a drop in
specific impulse, which is inversely proportional to mass flow rate8eThis loss can

be minimised by reouting the turbine exhaust back into the nozzle to be expanded.
Systems that eject the turbine exhaust can still utilise this energy by passing it through a
small nozzle creating a vernier thruster used for roll robnas on the SpaceX Merlin

engine in the Figure-2.
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Figure 2-4 SpaceX Merlin 1C engine shavg the gas generator exhatsthe left of the

main nozzle[35]

This cycle is the easiest to control as the amotiptapellant burnt in the gas generator
governs the behaviour of the turbopump and thus the engine. The small percentage of
propellant that passes through the turbine means that the turbine efficiency is not as
influential on the overall performance agstin the other cycles. The turbines used are
designed for low flow rates and high operating pressures, in an attempt to generate as
much power as possible from as little propellant as possible. To do this efficiently the
turbine must run as fast as pos$sjband is usually limited by what is mechanically
possible. This results in turbine blade speeds in the region e8@D®n/s. The use of a
parallel stream also means that the turbopump discharge pre2gudeds not have to be

much greater than the ahber pressureP() as the turbine expansion process is removed
from the fuel feed ling2]

2.2.2 Expander Cycle

This cycle uses nozzle cooling as the heat source to drive the turbine. This imposes a
constraint onthe power available to drive the pump, in accordance with the eubed
squared law. That is, as the nozzle size increases the volume of a nozzle increases more
than the available surface area for heat transfer. A cryogenic fuel is required and should
have adarge a volume change as possible when boiled from a liquid to gas over the
nozzle, generating the pressure required to drive the turbine. All the fuel passes through
the turbine before entering the combustion chamber, making this cycle very sensitive to
the turbine efficiency. The flow of cold fuel through the turbine means that the turbine
runs cool and has a much longer life than turbines running on hot combustiofi2jases

The pump discharge pressure must be much higher than the chamber pressure to allow for

the expansion process. This raises the performance requirements from the turbopump.
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However, a benefit of this cycle is thatcan easily be started and restartedthes
cryogenic propellants will freely expand even before there is a heat source. The expander
cycles ability to sustain long burns with multiple restarts makes it most suitable for upper
stage engines. One of the most significant engines of this type Frakt & Whitney RE

10 which was the first engine to successfully use liquid hydrogen ag3fijelpdated
versions of this engine still find use in the Delta IV and Atlas V rockets. F&jGrehows

ice forming on the nozzle of an RIO during firing as a result of the extreme cooling
provided by the expanding hydrogen in the walls of the nozzle.

Figure 2-5 RL-10 engine being test firefB7]

2.2.3 Staged Combstion Cycle

The staged combustion cycle offers the best performance but is also the most complicated
engine cycle. This cycle uses a-maner to drive the turbine using a rich mixture; the
turbine exhaust is then fed into the combustion chamber. Thecommston method is to

use a fuel rich mixture to drive the turbine, however, an oxidiser rich mixture can also be
used[38]. The major advantage of this cycle is that it generates extremely high chamber
pressures bewise of the increased temperature of the propellant. The increased
temperatures and pressures do however, greatly increase the technical challenges
associated with such engines. The high discharge pressures required from the turbopump
often necessitate ntiistage pumps, increasing the size and weight of the engine. The
most powerful liquid propellant rocket engine, the -RDD, uses this cycle running on
LOX/RP-1 fuel. The complexities of designing such an engine are reflected by the fact
that more than twdwundred engines were used in its developniight It uses a single
turbopump feeding two preurners that in turn feed into four nozzles. The Zenit launch

vehicle currently uses an updated version of this engine; thg/RBeerin Figure 26.
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Figure 2-6 The RD171 engine cluster uden the Zenit lanich vehicle[39]

2.2.4 Cycle Selection

As this research is concerned with the design of a turbopump to be used on the first stage

of a launch vehicle, the expander cycle was ruled out. It is reasonable to dsatime

considerable complexity of the staged combustion cycle would not be suitable for an

initial South African launch vehicle. The simplicity of the gas generator cycle has made it

the most common type of engine in use. The increased reliability of aesaygtem has

benefits in commerci al applications where the
of the mission rather than its efficiency. Therefore the gas generator cycle was chosen as

the most suitable for the proposed mission.

2.2.5 Mechanical Arangement

The mechanical design used to implement the above cycles have a major influence on the
overall efficiency, weight and size of the engine systapproximately 2530% of the

total engine weight comes from the turbopump systems, of this 80% cdtribated to

the housing assembly and only 20% the rotor assembly. However, thghysical
envelope of the rotors is largely responsible for the subsequent housing design, making an
efficient rotor arrangement critical to achieving a light weight de$§lj.

Early turbopumps used geared couplings between the turbine and the pumps, allowing
each to operate at its optimal speed. These couplings have fallen out of favour because of
their extra size and weight. Modern dgss rather use a fixed shaft coupling, using either

an individual pump and turbine set for each of the oxidiser and fuel, or using a single

shaft with one turbine driving both pumps (as in the MeslirFigure 24). The single

12



shaft system sacrificesfficiency for simplicity and weight savings, whereas the dual
shaft system adds weight but retains efficief8]y Figure 2-7 shows the basic layout of

the most common turbopumps.

Single shaft Geared Dual shaft

{a) Pumps back to back fhj Pancake
(d) Turbine between pumps

U N

Turbine Pump i
(f) Single geared pump (g) Turbines in parallel

(c) Turbines in series

NN DD |

| N

Gears

Figure 2-7 Basic turbopump arrgements[4]

A dual shaft systenfsee Figure Zc or g is proposed for the purposes of this project,
allowing the design work to be focused on the fuel turbopump. Further research can then
apply the techniques devekxp here to other arrangements as requifidte most
significant difference in a single shaft design is that one of the propellant pumps is likely
to be between bearings rather than ouathas is the case in the dual shaft design. The
overhung arrangemens preferable as the reduced hub diameter leads to improved

suction performance.

2.3 Propellant Combinations

Over the course of liquid rocket development a wide variety of propellants have been
used with varying degrees of success. The highest perfowhittggse combinations use
exotic mixtures of hydrogen and metals such as lithium or beryliind fluorine based
oxidisers[3]. However, for practical applications there have essentially only been three
propellant combinations used; Liquid Oxygen and Liquid Hydrogen (LOX/LHZ2),
LOX/Kerosene and N204/Hydrazine.

The measure of a fuel ds performance is how ef

directly measurable, but can be established by considering the characteristic velocity,
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thrust coefficient and specific impuls€¥, C; andls,) generated by propellant[3]. The

most widely used of these indicatorss

0 — (2.1)

whereF is thrust in newtons andl is the total mass flow rate of propellant in kilograms
per secondThis can be caldated at either vacuum conditions, where the nozzle expands
to zero pressure, or at sea level conditions, where the nozzle expands to atmospheric

pressure.

Liquid oxygen has almost universally been the oxidiser of choice for commercial launch
vehicles beause of its superior performance in this function. The primary challenge

associated with using LOX is its cryogenic nature. The low temperatures required to
maintain its liquid state make it difficult to store and transport as well as inducing thermal

stresses in the propellant feed system.

The highest performance propellant combination in use is LOXAvHich gives a
theoretical vacuunhs, of 455.3 g[3]. This makes it most suitable for heavy lift vehicles
such as the Space Shuttle and Ariane 5 or for vehicles that aim to reach high orbits that
require highly efficient upper stages. The use of lrtoduces significant technological
complications becausef its cryogenic nature and its low density; this in turn increases
the cost of LOX/LH engine systemi86].

Nitrogen tetroxide type oxidisers were initially used for ballistic missiles (especially
Soviet) because of their ability to be stored for years in a launch ready state. Since the end
of the Cold War and the introduction of strategic arms reduction treaties (START |
much of this technology has been adapted to commercial launch vehialestitempt to

find an economically beneficial method of their disposal. These oxidisers are usually used
with hydrazine based fuels as a hypergolic propellant. This ability to spontaneously ignite
has the advantage of making ignition and multiple burredtajies much easier. The
performance of these propellants is comparatively low, giving a theoretical vagiafm
between 318.7 s and 341.5 s, depending on the ppadpellant combination usdd].

These propéants are highly toxic, and are hazardous both during handling and more
importantly, in the exhaust plume whispreads over the launch p§i]. This might

have been acceptable for military applications but is a mdipwback for commercial

14



activities. These propellants are not used in launch vehicles designed specifically for

commercial use.

The propellant combination of LOX/Kerosene gives slightly higher performance than
N.O./Hydrazine and is not such a severatamination hazard. There have been various
grades of kerosene used in rockets, the most common beihgRi#s gives a theoretical
vacuumlg, of 358.2 s, although this is significantly lower than LOXAiHhas a higher

lsp density [3]. This together with its nooryogenic nature means that the vehicle
structures are simpler and smaller than LOX/Isistems, reducing the overall vehicle
mass. The higher density of kerosdreative density of 1.93has a dramatieffect on

the power required to pump for equivalent mass flow rates kerosene requires ten times
less power than LH?2]. Kerosene engines areowever susceptible to coking problem

which greatly reduce their life and special care must be taken in the design process to
minimise this danger. Also, because kerosene is a liquid at room temperature, the fuel

tanks must have a separate pressurisation system, adding weight to the vehicle.

Methane has been proposed as a possible fuel for future rockets, falling characteristically
between hydrogen and kerosgBg It generates ah,, approximately 10 s greater than

that of RRP1 and does not coke &kother hydrocarbon fuels. It does however incur the
difficulties associated with cryogenic fuels, altgbunot as severely as hydrogen
Methane is considerably easier than hydrogen to work with as its liquid temperature and
density are not as low. It alé@s an advantage over hydrogen in that it is easily produced

at comparatively low cost.

It was decided that LOX/RR was the most suitable propellant for the proposed engine.
The use of a neoryogenic fuel reduces the complexity of the engine leattingetter
reliability. The benefits of a high performance fuel like hydrogen are most noticeable in
upper stage engines. It is suggedteat, for optimalresourcemanagementthe booster
engine be kept as simple as possibleiindcessary &igh efficiency upper stagean be

used where performance is most rewaride.
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2.4 Vehicle and Engine Sizing

2.4.1 Methodology for the Estimation of a Launch Vehicle Design

The launch vehicle design was performed onhthsis of combining data gathered from
existing launch vehicles with the theoretical relationships governing launch vehicle
performance. This provides a useful estimate of the engine parameters to be used in the
design of the turbopump.

The fundamentalquation which expresses launch vehicle performandessi ol kovs ky 6 s
rocket equatiofi3]:

Yo "®od 1Y (2.2)

This defines the increase in velocity (délitathat a rocket engine is able to impart to a
vehicle. The ratio of t h e R) weubed toldefibesthei ni t i al
physical parameters of the vehicle. This relationship will be used to develop the physical

parameters of the launch vehicle from the required launch vehicle performance.

The work of Schilling[42] was used to determine the deéltaequired for the prescribed

launch mission. This method is based on the earlier work by Towrjd&hdvhich
assumes that all launch trajectories can be considered to be made up of a direct ascent to a
parking orbit followed by various orbital manoeuvres to reach the desired orbit. Although
this is an idealisation, the assumption is valid because in mostdragedhere is a point

where the vehicle travels through what could be considered an instantaneous parking
orbit. This assumption is particularly valid for a launch to 500 km as it falls in the range

of what could be a parking orbit for a more complexsiois. This means that the launch
trajectory can be considered just a direct ascent to 500 km.

The total deltsV must be sufficient to accelerate the vehicle to the orbital velocity
required, while overcoming gravitational forces and losses while pa#izioggh the
atmosphere. Townserd3] developed an expression for total daltan terms of the

ascent time using empirical data from existing launch vehicles:
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PR pm8Y Wcppm8Y pmoo (2.3)

Where V. = orbital velocity at parking orbit [m/s]

Hp = altitude of parking orbit [km]
r = radius of the earth [km]
Ta = ascent time [s]

Schilling [42] refined this by developing a loss term as a function of both orbit altitude

and ascent time:

Yoo oo pHTED p& ¢ Tp T8O
PE WX pup Y x p ™ B8O 8Y (2.4)

This iscombinedwith the easily calculated values for orbital veloch;{) and surface

rotational velocity V. to give the total delty required:

v v

Yo o o Yo (2.5)

Note that the ear tddadorretrograde lauochea as it actslindhei ty i s
opposite direction to the desired orbit, increasing the required-\delitde rotational

velocity must be calculated for the latitude of the launch site.
) w g ATO (2.6)
Where Vioieq = equatorial rotational velocity

0 = latitude of launch site

The orbital velocity of a circular orbit is calculated as follg¥4]:

[}

o ___¢ (2.7)

The value for the total deld calculated using Schilling's method provides only a

guideline value as it relies on a very simplified model. As such, the value for total/delta
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may be adjusted iteratively, within reason, with the final calculation ofclawehicle

performance until the required performance is reached.
Once a value for the recommended total delt@quired has been established and values
for specific impulse, thrust and mass fraction of the stage have been determined through

empirical m¢hods (se€.4.9, the sizing of each stage of the vehicle can be done using
the rocket equation arranged in terms of the ratio of initial to burn out mass (R):

Y Q@ (2.8)

and by definition,

A A— (2.9)

Where m = initial mass (the total mass the engine acts against at ignition)

m, = propellant mass

This can be rarranged to give:

a6 — a (2.10)

The mass fractionMy) is determined empirically enabling the mass of propellant and
stage dy mass i) to be solved simultaneously. The values of mass fraction proposed for

the hypothetical launch vehicle are discusseBeation2.4.2.4

V— (2.11)

From the definition of specific impulse it is possible to determine the total mass flow rate

of propellant &  through the engine

a — (2.12)
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Note that this includes both fuel and oxidiser flowing through the main combustion

chamber and gas generator.

The burn timglt,) canthen be calculated:

— (2.13)

This can be used to estimate the ascent tifgewhich will include dide times between
stages and upper stage firings. The first stage burn time is used to estimate the time at

which the fairing is jettisoned.

The various parameters established through these calculat@ashen entered into an
online software utilitydeveloped by Schilling called the Silverbird Astronautics Launch
Vehicle Performance Calculator to determine gerformance of such a vehicle in order

to determinghe payload mass that a prescribed vehicle can carry to a specifif4btbit

A flow chart summarising this process for generating the vehicle parameters for a
required mission is given in Figu2z8. The MATLAB code written by the authdo
perform these calculations can be foundppendixA.
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Figure 2-8 The process used to generate the launch vehicle estimation

2.4.2 Launch Vehicle Parameters

An extensive survey of existing launch vehicles was performed to provide data about
various parameters of a realistic South African vehicle. From ttate five launch
vehicles with similar performance and mission characteristics to those proposed for this
project were selected as primary comparisons. They are the Falcon le, Kosmos 3M,
Strela, Angara 1.1 and Delta thfdified). These vehicles are alvb stage vehicles that
carry payloads under 2000 kg into LEO. In this study the Delta Il is considered without
any first stage boosters to make it suitable for compari@ure 29 shows these

vehicles drawrapproximatelyto scale. Their respectivdatacan be found iTable Al.
An investigation into keroserfeelled engines was also performed. This included all

major kerosene engines that have been used in commercial space flight. The data for

these engines can be foundliable A2.

20



38.1 m/125 ft /
A
30.5m/100 ft / \
A
22.9 m/75 ft = I F
- | __“
] E 1
15.2 m/50 ft | ‘ Fn
5 {
7.6 m/25 ft £
)': "K—‘—
0 [ jarara
a) b) c) d) e)
Figure 2-9 The launch vehicles selected as primary comparisons: a) Delta Il, b) Strela, c)

Falconle, d) Kosmos 3M, e) Angara 1.1. (Adapted from Isakowitz, Hopkins and Hoglghs)

All the parameters specified for the labnvehicle and engine design along with the

corresponding performance results are summarised in Tdble 2

2.4.2.1 Specific Impulselgy)

When designing a rocket engine, the specific impulse is usually a primary design target.
As this work is not concerned with the design of the engine itself, a suitable valyg for

was chosen. Of the five light lift, twstage launch vehicles, only Falcbhe and Delta Il

use kerosene and the gas generator cycle, and are thus suitable for extracting data for an
Isp value. They have a vacuuly of 304 s and 301.7 s respectively. Figar20 shows
graphically thdg, values for first stage kerosene engirmsnd inTable A2.
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Figure 2-10 The distribution of first stage kerosefuelled engine's,, vs. chamber pressure.
(TableA-2)

It can be seen that thig, of kerosene fuelled gas generator engines range roughly
between 300 s and 340 s, with values for the similar vehicles falling at the lower end of
this range. Thus a conservative value of 300 s was chosen to be used for the lyacuum
(marked in red). Theheoretical data for this relationshigs calculated using NASA CEA

[47], are represented in the Figutd 1. It can be seen that, for a nozzle expanding to 1
bar, a vacuum specific impulse of 300 s correspoodsgea level specific impulse of 273

s, both at a chamber pressure of 5 MPa orésOHxpansion to 1dris used for a booster
stage as it provides the most efficient system at sea level. These values are in line with
engine test data shown in Figurd@® and are thus used for the engine proposed in this
study.
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Figure 2-11 The relationship between specific impulse atédmber pressure for kerosene
engineq38]

The data used in Figurel are for an engine with 96% combustion efficiency and 98%
nozzle efficiency running with an oxidiser to fuel ratid/F) of 2.5 & set out by Parsley
and Zhand38]. These conditions are typical for a kerosene magind will be assumed
to be similar for this work.

A vacuumlg, of 320 s was chosen for the second stage after consideration of the values

for engines in use on similar vehicles (Jeble Al).

The thermal characteristics of a liquid rocket engindaagely dependent on the oxidiser

to fuel ratio O/F). Figure 212 shows the relationship betwedVF ratio and burn
temperature for kerosene and LOPhis shows that a@/F ratio of 2.5 falls near the peak
temperature as is required for effective energy release. This mixture will be used in the
main combustion chamber, but cannot be used in the gas generator as the maximum
temperatures a turbine can be exposed to are be®@feand 1200 K depending on the
materials used. The gas generator will have to run on either a fuel or oxidiser rich mixture
to mitigate the temperature problems. The temperatures in the combustion chamber will
be slightly lowerthan those shown in Figuie12 as the combustion efficiency will be

between 986% for kerosene and oxygg38].
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Figure 2-12 Combustion temperature vs. O/F ratio for kerosene and hydr&#n

2.4.2.2 Thrust
The thrust produced by a rocket engine, likelthes a primary design target. Tablel2
gives thrust and performance data for light lift vehicle extracted Traibohe A1

Table 21 Thrust data for light lift vehicles
Falcon | Angara Kosmos Delta Il Strela
le 1.1 3M (mod)
Stage 1 Thrust (vac) [kN] 615.6 2084 1728 1085.8 2070
Payload- Schilling [kg] 412 1177 993 773 817
Payload- User Guide [kg] 625 900 900

The payload data given in the table are for a launch from OTR to a 5@0dutar sur
synchronous orbit at an inclination of 97. The required payload of 500 kg is
comparableto that of the Falcon le and below that of the Angara and Strela. A
conservative thrust value of 1000 kN was chosen as a rough fit between thesar&here
many factors, besides the first stage thrust, which influence the ultimate payload
performance, the most important of these being the performance of the second stage. The
chosen thrust value is selected to be practically attainable; its appropridienéss

on wi || be verified by

hypot hetical missi

described irbection2.4.1

By specifying the thrust anld, the total propellant mass flow rate is specified. Using an

lsp of 300 s and thrust of 10kN (both vacuum) gives a total mass flow rate of 339.9
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kg/s. This value is in line with the data for kerosene gas generator enginésaifieé:
2). A vacuum thrust of 35 kNvas selected for the second stage after considering the

values for engines in use on similar vehicles (Gdae Al).

2.4.2.3 DeltaV Split
The total deltav
for both stages afhe launch vehicle. This must then be split to give a délfar each

reqguired for the mission calcul ated

stage. Table-2 shows the deltd ratios used on similar vehicles.

Table 2-2 DeltaV ratios of twostage light lift vehicles
Falcon le Angara 1.1 Kosmos 3M Delta Il (mod) | Strela
dv1l/dv2 1.092 1.54 0.575 1.19 0.848

There are two clear groupings; those designed specifically for commercial use and those
that make use of missile derived first stages (Kosmos and Strela). These have a smaller
first stage deltd/ as ICBM vehicles araot usually designed to reach orbit. The second
stage of these vehicles must then compensate by supplying a greater portion of the total
deltaV.

It was determined, by comparison of the Falcon, Angara and Delta Il vehicles, that a

deltaV ratio of 1.33 waild be used for this work.

2.4.2.4Mass Fraction

The mass fraction of a stage is the ratio of its propellant mass to its total launch mass. For
kerosene booster stage gas generator cycles this is usually between 0.91 pt].0n94
higher mass fraction represents a more efficiently designed vehicle, where the stage dry
mass is kept low. The mass fraction values for the primary comparison vehicles are

shown in Table 3.

Table 2-3 Mass fractions for two stage light lift veles

Falcon 1e | Angaral.l Kosmos 3M Delta Il (mod) Strela
StagelMs 0.939 0.930 0.939 0.944 0.940
Stage2M 0.881 0.825 0.929 0.863 0.862
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From these data it was decided to take conservative values of 0.9375 as the mass fraction
for the first stage and 0.875 for the second stage. The danger of selecting a high value is

that it could make the stage design practically unattainable.

2.4.2.5Fairing Mass
The mass of the payload fairing is an area of vehicle design which can yield great
performance rewards. TabledZyives the fairing masses for the similar light lift vehicles.

Table 24 Fairing masses for light lift vehicles.

Falcon 1e | Angara 1.1 Kosmos 3M Delta Il (mod) Strela
Fairing Mass
[ka] 136 710 348 841 700

It can be seen that Falcon 1le fairing is much lighter than the others; this came as a direct
result of SpaceX targeting this as an area for improvement in vehicle design. They
developed a composite fairing which significantly reduced the vehicle mass, increasing
its payload capability35]. It will be important that any future South African launch

vehicle utilises composite technology to create a light weight fairing.

The payloads tbe carried by the proposed vehicle, having a maximum mass of 500 kg,
are likely to require a smaller fairing volume than the above vehicles which are capable of
carrying larger payloads. It is therefore reasonable to assume that a fairing mass of 200 kg
will be suitable for this work.

2.4.3 Vehicle Performance Evaluation

The Schilling estimate method gives a recommended total\dedfal0225 m/s for the

proposed mission to 500 km SSO. This is in line with Harel Huang estimate of

9144 m/s requiredor a vehicle toreach a 185 km circular orti8]. When this value is

used in the calculations outlined in Section 2.3.1 the final vehicle performance, calculated

using®hi | Il ingdés appl et, PSkg @ amadtiude mfu560 kmaty | oad of
974° from OTR. This result has a 95% confidence interval for payloads betweef357

kg. This satisfies the requirements of the proposed mission, so no revision of thé delta

value was required. A summary of the pararefor the proposed launch vehicle design

that havebeenestablished in this work are given in Tabig.2
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Table 2-5

Parameteyof the proposed launch vehicle

Vehicle Parameter
Propellant Combination LOX/RP-1
Engine Cycle Gas Generator
Dry Mass (kg) 2718.5
Propellant Mass (kg) 40777
Ml 0.9375
R1 7.25

:‘) Vac. Thrust (kN) 1000

& | S.L. Thrust (kN) 910.3

? 1 vac. Isp (s) 300
S.L.Isp (s) 273
Chamber Pressure (b) 50
O/F 25
Mass Flow Rate (kg/s) 339.9
Burn Time (s) 119.97
DeltaV (m/s) 5828.2
Propellant Combination not defined
Engine Cycle not defined
Dry Mass (kg) 388.21
Propellant Mass (kg) 27175

«~ | M2 0.875

% R2 4.06

¢ | Vac. Thrust (kN) 35
Vac. Isp (s) 320
Chamber Pressure (b) not defined
Mass Flow Ratékg/s) 11.15
Burn Time (s) 243.65
Delta V (m/s) 4396.7
Fairing Mass (kg) 200
Fairing Jettison Time (s) 125
Liftoff Mass (kg) 47301.21
DeltaV Ratio 1.33
Total Delta V (m/s) 10225
Payload Schilling(kg) 529

2.5 Establishing Fuel PumpPerformance Targets.
The first stage engine parameters establishe®dation 2.4.2 can now be used to
determine the required output from the fuel turbopump. The key properties to be

investigated are the pressure drops and mass flow rates through thkaprdeed
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system. Figure -23 describes the layout of the propellant feed system for a fuel rich gas

generator cycle, along with the parameters established thus far.

Fuel Inlet Oxidizer Inlet

mees meeo

Liquid Fuel
= Liquid Oxidizer
------- Fuel Rich Gas
""" Gaseous Fuel

my=m,+ ms=3399kg's

Figure 2-13 Propellant feed system with initial parameters. (Adapted from Parsley and
Zhang)[38]

2.5.1Pressure Drops in the Propellant Feed System

The proposed engine requires a chamber pressure o&rS0 loperate at the desired
performance. The turbopumps must be able to supply this pressure consistently to prevent
combustion instability. Instability is classified as a chamber pressure oscillation of greater
than 5%[3]. The injector plays an important role in ensuring that fluctuations in feed
pressure do not have a major effect on chamber pressure. For this reason it is
recommended that thejector pressure dropsi20% of the chamber press(iBe 34]. To

allow for this20% pressure drop the injector inlet pressure must bar60 b

28



Before the fuel reaches the injector it is used for regenerative cooling in the nozzle wall.
The pressure drop associated with regenerative cooling is highly dependent on the
specific design used. An estimated pressure drop eff &éis used for this worlhased

on the experimental values reportedBoysan for a lab scale syst¢48].

The pressure losses in the feed lines are also highly dependent on the specific design
used. A feed line loss of 1(Gbis usel for this work. This gives a required pump output

of 75 bar for the fuel pump. This is in line with the NASA estimate that discharge
pressure should be approximately 50% greater ttamequired chamber pressidg. It

al so matches t he v aVAueagne, which hat & chamber préssure|l | 0 s
of 48.4 lar and a pmp discharge pressure of 7&rp19]. Thefeedline loses mearthat

the gasgenerator pressure will be 65 barhich is in line with the estimates given by

Parsley and Zhang for an engine with a similgf38]. The pressure required by the gas

generator means that the oxidiser pump disgph pressure will also be 7&rb

Pump inlet pressures of 3.artwere selected in line with valuésr existing RP1/LOX

engined4]. The pressures calculated in this sectiandisplayed in Figure-24.

2.5.2Flow Rates through the Propellant Feed System

By specifying the engine specific impulse at 300s andréreiumthrust at 1000 kN, the
total propellant flow rate is set at 339.9 kg/s (Equatidn). 2t should be noted that while
the Is, and thrust increaseith altitude, the propellant mass flow rate remains constant

throughout the ascent.

The mass of propellant used in the gas generator stream must be kept as low as possible
to minimise the associatég, loss. Optimal systems use below 4% of the totappelant

mas flow to drive the turbopumpi88]. This upper limit of 4% was used initially to
determine the maximum power output that will be possible from the turbines. This value
can then be refined later in thesign process once the pump and turbine requirements

are better understood.

The mass flow rates into the nozzle and gas generator are therefore 326.83 kg/s and 13.07
kg/s respectively. Th®/F ratios of each are then used to determine the mass flavebf f

and oxidiser into each of these. The main combustion chamber /& ah 2.5 giving

input flow rates of 93.38 kg/s for the RPand 233.45 kg/s for the LOX. TI&F ratio of
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the gas generator is set so that the temperature of the combustanegast exceed 900

K. Table 26 gives the properties for combustion of-Rf2.OX at this temperature.

Table 2-6 Typical properties of fuetich RR1/LOX combustion gas€g8]
T [K] Cp [J/kg.K] 7 O/F
8948 26748 1.1 0.32

The gas generat®/F ratio of 0.32 gives input flow rates of 9.9 kg/s for-RRnd 3.17

kg/s for LOX. The total fuel flow rate is the sum of the fuel inputs to the gas generator
and main combustion chamber, giving 103.28 kg/s. In the same way the total oxidiser
flow rate is 36.62 kg/s.

In a turbopump system the power generated by the turbines must balance the power
required to pump the propellants. This is checked by calculating the power characteristics
of each of these components. The power inputs for the fuel and oxidisgrs are as
follows:
o = (2.14)
The density of RRL at room temperature is taken a® &@/m’, although it can vary
slightly depending on the manufactuféf)] and the density of LOX at 90.1¢ (boiling
point) is 1114 kg/r[2, 3] The efficiency of centrifugal pumps used in turbopumps can
vary between 685%. A conservative value of 70% efficiency was selected for this

initial caculation. This value will be refined further in the design procEki gives

) p 0 TMQA®

e}

0 d ¢ P PAW

As the turbines are arranged in parallel, the flow from the gas generatbbensplit
according to the pump power ratie— p&® ¢. Therefore the mass flow rates through

the fuel and oxidiser turbines are 5 kg/s and 8.07 kg/s respectively. The power generated

by the turbines is as follows:
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w & o6 p — - (2.15)

where

6 — Y'Y (2.16)

The turbine pressure ratid®R is generally high for gas generator engines in order to
minimise the mass flow reqeid through the turbine. Huzehd Huanguggests th&@ PR

can be as high as 20, however a conservative value of 10 was used for this initial
calculation[3]. The optimal efficiency for a velocity compounded impulse turbine is

approximately 70%. These values give:

8
® U goexup — ° T pXEW

8

®  ybrx coxup — ° T ¢y uEr7

It is recommended that the turbine power output is 10% greater than the pump power
requirement to account for mechanical log883. The turbhe power values calculated
above are both35% greater than their corresponding pump power requirements,
satisfying the design requirements. The power output from the turbines would be refined

later in the design process to minimise the propellant usée igats generator.

The pressure and flow rates calculated in this section are susecharni Figure 24 and
Table 27.
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Figure 2-14 Propellant feed system parametéfglapted from Parsley and Zhar{§38]
Table 2-7 Summary of the fuel turbopump parameters
|:>in [bar] 35
a | Pou[bar 75
E | 1 [koss] 103.3
- } re-1 [kg/m] 809
0 p[kW] 1304
Pin [bar] 65
Pout[bar] 1
© 4 [kg/s] 5
g O/F 0.32
E C, [J/kg.K] 2674.8
Tin [K] 894.7
) 11
0 1 [kW] 1581
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CHAPTER 3

Flow Phenomena and Modelling

The unique challenges imposed on rocket turbopump design by size and weight
constraints render the use of traditional pump design techniques im&tich
methodologieste@noff [51], Karasik et al [52]) rely on empirical values and trends
derived from historic sample sets, dominated by pumps designed for standard industrial
applications. In order to avoid using inappropriate design tools, the fundamental physics
models described byapikseet al. [12] are used in conjunction with empirical data
specifically taken from rocket turbopumps where available. The resulting solution
considers the unigue physical phenomena that occur in high speddgaritbw rate
pumps. These models were implemented using ConceptsNREC PUMPBAL and
AxCent [54] software packages to facilitatke analysis and refinement of designsa

rapidly iterative manner. The accuracy of the blockage, slip and loss models used is
critical to achieving a good design. Ideally the design process would call on a database of
modelling parameters known to be valid for similar desidd3. The lack of access to

such a database means that results from this work should not be considered absolute and
the performance may vary up to 5% based on estimationdapikseet al [12]
Experimental testing of the final impeller will play an important role in refining the

models, enabling merrefined designs in the futui®s, 56]
3.1 Fundamental Flow Phenomena

3.1.1High SpecificSpeed Pumps

High specific speed pumpby definition, operate at comparably high flowrates (see Eqgn.
4.1). Thughe kinetic energy of the fluid enteritige pump is relatively high compared to

the work inputby theimpeller. The higher kinetic energy meahat kinetic losses in the
flow are more significant than thdesk friction, which dominates at lower specific speeds.
The design of high specific speed pumps is therefore primarily concerned with the flow
phenomena occurring in the impeller's relativenfe which have the most significant
effect on the pumps overall performance. Rocket turbopumps commonly havicspeci
speeds ranging between 162400 (U.S). Impellers in this range of performance

typically use axial inlets and radial outlets, with a disioeatio (i) between 1.3 and 1.8
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[3]. These impellers provide a balance between headrise and flowrate capacity best suited

to rocket applications.

3.1.2 Induction and Cavitation Suppression

The increased kinetienergy at the inlet of high specific speed pumps results in
increased NPSH requirements. The inlet blading and leading edge must be designed to
minimise blade blockage which leads to local flow acceleration. Thin straight blading
with sharp leading edgeare usually used. The inlet passage up to the throat should have
low curvature in order to reduce velocity gradients. If the static pressure at a point drops
below the vapour pressure of the fluid cavitation bubbles will form leading to a rapid
degradatin in performance and a high likelihood of mechanical damage to the blading.
The irregular development of cavitation bubbles can cliageinstabilitieseven before

there is a significant loss of headr[8&].Thesenstabilities induce large radial loads that
lead to vibration and bearing damdg@&]. Figure 31 shows development of cavitation

bubbles within the impeller corresponding to the generated headrise.

N L4
1
D(.hc)mc:;

% head drop

Figure 3-1 Cavitation development corresponding to flow instabilitig’]

The performance of the inlet is very sensitive to variations in flowrate. Flow rates above
the design value result in accelerating flow andrtaifboundary layers along the suction
side, while lower flow rates result in thiekboundary layers and possibly stall along the
suction side. Pumps that must handle a range of flow rates are usually designed to have 0
of incidence at the design point. Bosrsdtage pumpsusually designed without throttling

capabilitiesare not primarily concerned withfadesign performance but rather cavitation
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suppression. A slightly positive incidendeis used to ensure a level of diffusion up to
the throat which suywresses cavitation by maintaining the statiespure. Figure -2

shows the piferred flow at the inlet.

Figure 3-2 Diagram of a diffusing inlet

In most pumps the inlet diameter would be sized to minimise the relative velocity at the
leading edge irder to achieve the maximum efficiency. In turbopumps, operating with
low NPSH, the inlet is instead designed to maximise the local static pressure at the
suction side. PUMPAL is seto calculate the required inlet diameter to meet the
prescribeél NPSH using abladecavitation coefficient to establish the dynamic pressure
loss at the leading edge (see Equation 4.5). This approach gives a larger inlet diameter

than the best efficiency method.

3.1.3 Diffusion

The diffusion process through the pump carspht into two elements. The first is the

inlet portion up to the throat, which behaves like a variable geometry passage,
functioning as a diffuser or nozzle depending on the flowrate. The second region extends
from the throat to the exit and behaves dixed geometry diffuser. This method of

characterising diffusion through the impeller is the Two Elements In Series (TEIS)
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